VOL. 3, NO. 6, NOV.-DEC. 1966 J. AIRCRAFT 555

An Investigation of Flow Separation and Aerodynamie

Controls at Hypersonic Speeds

L. G. Kavrmax I1,* L. MEckLER,T AND S. A. HarrorrLisi
Grumman Adrcraft Iingineering Corporation, Bethpage, N. V.

Flow separation and its effects on control characteristics were investigated for Mach 5 to
21 flows over simple geometries and some typical hypersonie flight configurations with aero-
dynamic controls. Similar to supersonic flows, hypersonic flow separation ahead of flaps on
a flat plate, and the resulting pressure and heating rate distributions depend strongly on flow
conditions and model geometry (particularly finite span effects). Adverse pressure gradients
can be propagated far upstream (particularly for the thick hypersonic boundary layers) and
can cause separation far ahead of flaps and fins. “Breakaway’ separalion from sharp expan-
sion corners was also found to depend on the eventaal existence of adverse pressure gradients.
Aerodynamiec controls were effective for the flight configurations tested, but had highly non-
linear characteristics, partly because of extensive regions of flow separation. As for the
simpler geometries, extremely high pressures and heating rates occur locally at reattachment

on the control surfaces.

Introduction

SU DDEN and large changes in aerodynamic control charac-
teristics frequently result when the airflow separates
from a surface. The problem of flow separation, important
for low-speed flows, is even more severe for hypersonic flows
because of the high energy levels involved. Extensive regions
of separated flow can severely affect aerodynamic heating
rates and pressure distributions. The need for a clear under-
standing of these effects, for the future design of controllable
hypersonic vehicles, led to the research investigation described
herein.

Beeause of the complexity of the phenomena, there are no
satisfactory analytic methods for predicting hypersonic flow
separation. Further, empirical methods were hindered by the
general lack of hypersonic data. The investigation under-
taken was principally experimental in nature for two reasons:
first, to help satisfy the immediate need for typical hypersonic
flow control data; and second, to provide the broad base of
experimental data required for the future development of
analytical methods used to cstimate separation effects and
aerodynamic control characteristics in hypersonic flows.

A comprehensive literature survey,t made at the onset of
the investigation, was helpful for planning the experimental
program. Results from the extensive test program were
presented in a series of Air Force data reports that contain
plots of all the pressure, aerodynamic heating rate, lorce,
moment, and flap load data. The over-all program is de-
seribed in an Air Foree report that also contains a synopsis
of the information on hypersonic aerodynamic controls
available in the literature.? Several important problen arcas
pertinent to the design of controllable hypersonic vehicles
were revealed.  This paper summarizes some results and pre-
sents salient aspects of the investigation.

Test Program

Simple geometries were used to provide a better understand-
ing of the fundamental types of separated flows, thus permit-
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ting a betier insight into the separation effects on the more com-
plicated configurations. The investigation of the simple flow
geometries included: separation ahcad of ramp-shaped flaps
on flat plates, leading-edge separation and flows over sharp
expansion corners, and interactions due to flows past wedge-
shaped fins mounted on flat plates. The typical flight con-
figurations were a clipped-delta-wing body combination and a
pyramidal shape with triangular cross section. As mdicated
in Table 1, each model had several geometrie variations and
was tested through a wide range of freestream Mach numbers
M. and Reynolds numbers Re.. The data were obtained
from tests performed (October 1962 through April 1964)
in the large AEDC von Karman wind tunnels (A, B, and Hot-
shot 2), and in the Grumman Hypersonic Shock Tunnel.

In addition to the wide ranges of stream conditions, the
models were tested through wide angle of attack ranges
(—54° < o < +54°), and the various aerodynamic controls
were tested at many different settings. Trailing-edge flaps
on the flight configurations were deflected at various angles
from —40° to +40°, and flaps on the flat plate models were
defleeted at angles up to 90°.  T'o make optimum usc of the
continuous wind-tunnel test time, the acrodynamic con-

Table T Outline of test program

Datas

Configuration M. Re./10%ft

p, photo

Flat plate with full and par- 5 1.1106.6
3 », ¢, photo

tialspan flaps, with and &8 1.1to3

[ 2N
without end plates and - 13 ~A). 1 P, 4, pholo
ternal cooling 19 ~0.1 p, ¢, photo
Flat plates forming convex 5 1.1106.6 p, Photo
corners, various expatision 8 1.1w3.3 P, ¢,photo
angles and corner radii 13 0.11to0.2 P, 4, photo
19 ~(). p, ¢, photo

Flat plate with wedge-shaped 5 1.1106.6 p, photo

fins, sharp and blunt lead- 8 1.1103.3 P, q
ing-edge fins of two heights 13 ~A}. p, ¢, photo
19 ~A). p, 4, photo

JU b= I Lo S

)

Delta-wing-body combination 5 2.31o
with flaps, with and with- 8 0.8 10
out tip fins and spoiler 19 ~I).

Pyramidal lifting body with 5 0.7 t0 6.6
trailing-edge flaps, withand 8 1.1t0 3.3
without canards and ventral 21 ~0.1
fin

p, I, photo
v 4 r
p, photo
p, I, [, photo
p, G, I, f, photo
P, ¢, photo

— e
2

@ p ~ pressare; ¢ ~ heat transfer; F ~ 6-component force and moment;
f ~ flap hinge and twisting moments and normal load; photo ~ flow photo-
graphs or high-speed motion pictures.



H56 KAUFMAN II, MECKLER, AND HARTOFILIS

a) Re. /ft 1.1 million

b) Re,/ft. 3.3 million

Fig. 1 Shadowgraph photographs for Mach 8 flows over
full-span 30° trailing-edge flaps on a flat plate at 5° angle
of attack.

trol surfaces on several of the models were remotely actuated.
Table 1 indicates the types of data obtained for the various
flow models in each wind tunnel.

At Mach 8, heating rates were obtained from transient
temperatures measured during the initial heating of cold-
wall models. The use of honeyvcomb sandwich construction
for the planar portions of these models avoided many of the
usual problems associated with thin wall heat-transfer measure-
ments without compromising the accuracy of the heat-trans-
fer data. Several flow visualization techniques were used
that provided schlieren, shadowgraph, and oil film flow photo-
graphs. In one instance, high-speed motion pictures were
used to record the charring of a thin coat of ordinary white
ename! paint sprayed on the Hotshot 2 model, which indi-
cated regions of high aerodynamic heating rates.

Flows over Flaps

In hypersonic flows, effective aerodynamic controls usually
involve compressions of the local stream flow, and thus give
rise to shock-induced separation. Pressure rises, because of
trailing-edge flaps for example, propagate through the bound-
ary layer and can cause separation far upstream of the flap.
The extent of the separated flow region depends on the nature
of the boundary layer, stream conditions, wall temperature,
and model geometry. Further, the flap can experience
extremely high local heating rates and pressures if the flow
reattaches to the control surface.

Pressure and aerodynamic heating rate distributions were
obtained at several spanwise stations for fows over full- and
partial-span trailing-edge flaps mounted on flat plates, both
with and without end plates. One model was internally
cooled so that wall temperature effects on the pressure dis-
tributions could be investigated. This was particularly desir-
able at Mach 8, because heating rates were obtained while the
model was cool, whereas corresponding pressures were meas-
ured on comparatively hot-wall models.

The strong dependence of separation on the nature of the
boundary layer is indicated by the sample shadowgraphs of
Fig. 1. For the test conditions given in the figure, laminar
separation near the plate leading edge was observed for a unit
freestream Reynolds number of 1.1 X 10°, whereas transitional
separation was observed for Re./ft = 3.3. X 105 High-
speed schlieren motion pictures, when reviewed at reduced
speed, showed that the separated flows were stable. Sample
centerline distributions of aerodynamic heating rates ¢-
(Btu/ft? see) vs nondimensional streamwise surface distance
X are presented in Fig. 2. The heat-transfer rates decrease
from their leading-edge values, drop sharply to almost zero
at the separation point, increase gradually within the sep-
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arated flow zone, and increase abruptly at reattach-
ment on the flap surface. As shown in Fig. 2, the heat-
transfer rates and the extent of separation are strongly
dependent on the Reynoldsnumber. For increasing Reynolds
numbers, the separation point moves downstream and reat-
tachment moves upstream. The heat-transfer distributions
increase proportionately with Reynolds numbers and are
maximum at reattachment. The curves shown in Fig. 2
are drawn through fairly dense (AX = 0.03) data points,
and indicate the maximum heat-transfer rates measured;
however, because of the large gradients, the true peak values
may be somewhat larger.

Although streamwise distributions of pressures and heating
rates did not vary appreciably for different spanwise locations,?
end plates altered the measured distributions significantly
(Figs. 2 and 3). The end plates prevent venting of the highly
vortical, separated, reverse flow and delay reattachment.
Thus they substantially increase the amount of trapped flow
in the separated region and lead to a larger dividing stream-
line angle at separation. This results in larger pressures on
the flat plate surface and generally lower pressures on the flap
surface (see Fig. 3).

Finite span effects were also examined using a partial-span
trailing-edge flap. As expected, the separated flow region is
smallest for the partial-span flap and largest when the full-
span flap is end plated (Fig. 3). Lateral venting of the vor-
tical reverse flow in the separated region ahead of the flap is
easiest for the partial-span flap, but is essentially prevented
by the end plates.

Transverse flow effects are more pronounced for lower Rey-
nolds numbers, higher Mach numbers, and higher pressure
rises (larger flap deflections 8). For Mach 8 flows over 45°
flaps with end plates, the flow separates near the leading edge
of the flat plate and does not reattach until near the flap trail-
ing edge.? The extent of separation and end-plate effects
are small for 20° flaps, and are negligible for 10° flaps. For
Mach 16 flows, Miller, Hijman, and Childs* observed similarly
large end plate effects for 30° flaps, less pronounced effects
for 22.5° flaps, and negligible end plate effects for 15° flaps.

Also indicated in Fig. 3 are wall temperature effects on the
pressure distribution. In general, cooling the wall delayed
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Fig. 2 Centerline distributions of aerodynamic heating
rates for Mach 8 flows over flat plates with full-span trail-
ing-edge flaps.
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separation and reduced its extent, except when the cooling
was sufficient to change the character of the boundary layer.
Thus, as for the sample shown in Fig. 3, cooling delayed
separation somewhat, but the laminar reattachment for the
cooled wall was downstream of the corresponding reattach-
ment point for the noncooled wall.2

Without end plates, the maximum flap pressures exceeded
the inviseid wedge values in several instances (Figs. 3 and 4).
Mach number effects are quite pronounced for the location of
separation and the pressure coefficients on the flap surface,
especially near reattachment.  Very high pressures were
measured near reattachment on the flap when the flat plate
surface was windward., The high local loads at reattach-
ment are caused by the comparatively gradual compression
of the flow through a series of oblique shock waves, thereby
avoiding the strong shock wave losses of a one-step compres-
sion. A combination of just two shock waves, one at separa-
tion and one at reattachment, results in a larger statie pres-
sure downstream of reattachment on the flap surface than
would result if there were no separation and just one stronger
shock wave at the flap hinge line that gave the same total
turning angle.

In general, the separation effects deseribed herein become
more pronounced for the thicker boundary layers (because of
either lower Re. or higher M, values) and higher pressure
rises (larger flap deflections).  For the same Reynolds number,
the extent of separation increases with Mach number (Fig.
4); and at the higher Mach numbers we observed an in-
creased importance of Reynolds number effects. Thus,
when the unit freestream Reynolds numbers were decreased
from 3.3 to 1.1 million, the extent of separation increased more
for the Mach R flows than for the Mach 5 flows. Although
Miller, Hijman, and Childs* observed an apparent reverse
trend of Reynolds number effects for Mach 16 (increasing
extent of separation with increasing Reynolds number), our
results indicated no such reversal. We belicve that the
apparent reverse trend of Reynolds munber effeets at Mach
16 results from the predominance of {favorable pressure gra-
dients caused by viscous leading-cdge effects.

Flows over Expansion Corners
1t had been conjectured, primarily intuitively, that high-
speed flows could not ncgotiate sharp expansion corners

without breaking away from the surface and forming at least
a small bubble of separated flow immediately downstream
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Fig. 3 Centerline pressure coefficient distributions for
Mach 8 flows over flat plates with 30° trailing-edge flaps,
Re./ft = 1.1 million.
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Fig. 4 Centerline pressure coefficient distributions for
flat plates with full-span flaps.

of the corner.  However, for supersonic flows over expansion
corners, the streamwise pressure gradient is negative, and
therefore favorable for attached boundary layers. Because
the local pressure gradient is favorable in the inviscid sense,
there was controversy as to the cause of breakaway separa-
tion.!

Positive pressure gradients are required for separation ac-
cording to standard boundary-layer methods, but the basic
assumption of these methods is that the surface curvature
be small compared to the boundary-layer thickness, and this
is violated at the sharp corner. Further, when nondimen-
sionalizing the curvilinear Navier-Stokes equations® and
performing an order-of-magnitude analysis, the pressure
variation across the boundary layer is found to be of the

same order of magnitude as the pressure itsell [Ap = 0(p)]
for small corner radii {r = 0()]. Thus, in contrast to the

standard boundary-layer result, there arc large pressure
gradients normal to the surface, and the normal momentum
equation must be rctained for flows over sharp expansion
corners. After abandoning standard boundary-laycr methods,
many approaches to the problem have been based on simplified
assumptions that avoid the sharp corner singularity.? Some
of the more promising approaches correctly prediet the bound-
ary-layer characteristics downstream of the corner. but all
mask the natire of the flow in the immediate vicinity of the
COrner.

Experimentally, we investigated flow separation from the
leeward side of the sharp leading edge using the flat plate
models mentioned in the preeceding section. The flow was
observed (through a ground-glass shadowgraph viewing
screen) as the flat plate surface was slowly pitehed to leeward
and then returned to zero angle of attack. As the plate
surface became more leeward, the separation point moved,
comparatively rapidly, upstream to the sharp leading edge
of the flat plate, as sketched in Fig. 5a. Although rapid,
the upstream movement of the separation point was con-
tinuous; and morcover, the process was reversible as the angle
of attack was returned to zero. The procedure was repeated
for different freestream Reynolds numbers (at Mach 8),
and pressure distributions were recorded at discrete angles of
attack. There was no sudden breakaway of the flow from
the leading edge, but rather, a rapid extension of the separa-
tion flow region attributed to the eventual dowstream pressure



558 KAUFMAN II, MECKLER, AND HARTOFILIS

by g gt

ety

.. b} Base Separation

g

c}%hgui&e‘r Separation

) No Adverse Pressure Gradients
No.Separation -

Fig. 5 Sketches of flows over expansion corners.

rise required to recompress the flow at the trailing edge of the
model.

Separation behind rear-facing steps and ramps, as sketched
in Fig. 5b, also can be attributed to the upstream propaga-
tion of adverse pressure gradients through the subsonic por-
tion of the boundary layer. To assess the importance of ad-
verse pressure gradient effects on breakaway separation,
flows over simple 30° and 40° expansion corners, for which
there were no downstream recompressions, were investigated.?
The models had interchangeable round and sharp corners,
and large aspeet ratios to provide essentially two-dimensional
flow along their center planes. Surface pressures were
measured upstream and downstream of the expansion corners
for various freestream Mach numbers and angles of attack
(referenced to the flat plate surface downstream of the
corner), When this surface was windward, or parallel to
the freestream flow as sketched in Fig. 5d, there were no
downstream pressure rises, and there was no evidence of any
flow separation for all cases where the wedge leading-edge
shock was attached.

In some cases, when the wedge leading-edge shock is
detached for positive angles of attack, there is a characteristic
dip in the pressure distribution immediately downstream of
the corner, followed by a recompression. For subsonic wedge
flows there is a sonic line at the corner on the upstream surface.
Expansion waves from the corner are reflected from the sonic
line as compressions and are responsible for the recompres-
sions.2  For very strong recompressions, like those on a flat-
nosed plate (90° expansion corner at shoulder), the adverse
pressure gradient due to the recompression can be strong
enough to cause a small separated flow bubble immediately
downstream of the corner,® as sketched in Fig. 5c¢. This
again shows the dependence of separation on adverse pres-
sure gradients. e

Rear- and forward-facing Stanton tubes located im-
mediately downstream of the 30° and 40° expansion corners
gave no evidence of any separation. For all test conditions,
all forward-facing tubes measured higher total pressures than
the corresponding reai-facing tubes. Further, the rear-

¥ig. © O o flow photograph of fin plate interaction
for M, = 5 and Re,/ft = 6.6 million.
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facing tubes gave pressures lower than the local surface static
pressures. These results are the prime experimental evidence
that there was no separation downstream of the sharp ex-
pansion corners. In addition, distributions of heating rates
and flow pictures showed no separation downstream of the
sharp expansion corners. We conclude that separation does
not oceur without adverse pressure gradients, although the
pressure rises can be located far downstream of the separation
points.

Fin Plate Interactions

The dominant mechanism in fin plate interactions is the
separation of the plate boundary layer by the fin shock wave.
There are three basic modes in which this separation can take
place, and many combinations of them may be present in
any given interaction.

The first mode occurs near the fin leading edge, where the
thickness of the inviscid shock layer on the fin is very small
relative to the length of the separated boundary layer on the
plate. The pressure rise due to the fin shock is propagated
upstream through the boundary layer, and separation occurs
far ahead of the fin. This mode has been observed on plates
upstream of both blunt and sharp fins, although the details
are different in the two cases. Three-dimensional effects are
always of first-order importance in this mode, and there are
no satisfactory methods for predicting the flow characteristics,
except by purely empirical means.

The oil film flow photograph of Fig. 6 presents evidence of
two modes of intcraction separation caused by a small fin
mounted on a flat plate. The region of separated flow near
the forward portion of the fin is characteristic of the first
mode of interaction separation; it is predominantly three
dimensional. Near the model trailing edge, the interaction
is of the second mode, and for this type of interaction the
flow is nearly conical in nature. In this mode, the fin shock-
layer thickness is comparable to the scparation zone length
measured normal to the local fin surface. The presence of the
fin is an essential part of the structure of the separation zone
in this mode, and the separation line on the plate is not, in
general, parallel to either the fin or the fin shock.

The third basic mode occurs when the shock wave is
sufficiently far from the fin so that the separated boundary
lIayer on the plate can reattach without significant influences
from the presence of the fin. In this mode the fin acts simply
as a shock generator, and the problem reduces to the pseudo-
two-dimensional problem of a swept planar shock separating
a boundary layer.” The fin plate junction, far enough down-
stream of the leading edge, poses a streamwise corner bound-
ary-layer problem for the reattached flow downstream of the
fin shock. However, at hypersonic speeds the fin shock is
close to the fin surface, and generally the interaction cannot be
split into separate incident shock and corner flow houndary-
layer problems. Thus, the subject investigation was con-
cerned primarily with the first two modes of fin plate interac-
tion separation.

Spanwise pressure and heating rate distributions were ob-
tained on the fin and plate surfaces for wedge-chaped fins
having different heights and sharp or eylindrically blunted
leading edges. Typical Mach and Reynolds numbers effects
on the interaction pressures and heating rates are indicated
in Fig. 7 for flows past a small fin (30° wedge with sharp
leading edge) mounted on a flat plate. The pressure rise
due to the fin shock is propagated far outboard and causes
substantial overpressures over a large portion of the plate
surface, particularly for the thicker boundary layers (smaller
Reynolds number values).

The data presented in Fig. 7 are representative of those
obtained for the second mode of interaction separation. In
many cases, particularly for fins with blunt leading edges, the
interaction was predominantly threc dimensional in character
(first mode).  Although not amendable to theoretical
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analyses at present, pressures and heating rates were measured
for a wide variety of flow conditions and can readily be used
for engincering estimates. Particularly noteworthy in this
aspect are the high pressures and heating rates observed on
the cylindrically blunted fin leading edges in the immediate
vicinity of reattachment. In some cases the peak values
were more than three times larger than the stagnation values
of the pressures and heating rates measured on the eylindrical
leading edge outside of the interaction region.?

Hypersonic Aerodynamic Controls

Controls are required to provide maneuvering capability
and trim for any flight vehicle. The most common type of
control used in the atmosphere is an aerodynamic surface,
but the application of these surfaces to hypersonic flight
vehicles presents many f{ormidable problems. At very
high altitudes, thick boundary layers, low dynamic pressures,
and extensive separated flow regions induced by deflected
controls can greatly reduce the effectiveness of acrodynamic
controls. The over-all problem is aggravated by the large
ranges of speed and angle of attack encountered by hypersonic
flight vehicles.

Although many control configurations are possible, the
gencral problem areas can be investigated using a few dif-
ferent types of controls on simplified configurations. With
this in mind, a delta-wing-body combination and a pyramidal
lifting body with a shallow triangular cross section and a
highly swept delta-wing planform were chosen as representa-
tive hypersonic flight configurations. The essential features
affecting control characteristics were similar for the two basic
configurations; they are described herein using selected data
for the delta-wing body combination.

As shown in Fig. 8, the delta wing has a spherically blunted
apex, cylindrically blunted leading edges, a blunt base, and
clipped tips. The overslung body had a half conical fore-
section and a half-cylindrical aftersection joined at the
shoulder by a spherical fairing. The control surfaces, a
deflectable apex and independently operated partial-span
trailing-edge flaps, had maximum travel angles of ==20°
and =£40°, respectively. The configuration also had at-
tachable clipped delta tip fins, a full-span plug-type trailing-
edge spoiler, and a wedge section designed to fit between the
partial-span flaps to form a full-span flap on the lower surface
of the wing. The term “flap’” is used to denote controls with
a general type of geometry, rather than their function. Thus
trailing-edge elevators, ailerons, or elevons are all referred
to as flaps.

The sign convention for denoting the angle of attack and
the control deflection angle can be obtained from the basic
model, a delta wing with an overslung body. The angle of
attack « is referenced to the lower flat plate surface of the
wing, and is positive when the flat plate surface is windward.
Positive trailing-edge flap deflections & arc obtained by de-
flecting the trailing edge down. The sign convention for the
forces and moments is shown in Fig. 8. The basie wing-body
combination provides control information for configurations
having either overslung or underslung bodies. The positive
angle of attack data for the overslung body provides data for
the underslung body at negative angles of attack, with ap-
propriate reversal in the sign of the flap deflection angles.

Sample Mach 8 data for the static longitudinal aerody-
namic characteristics for symmetric deflections of the trailing-
edge flaps are shown in Fig. 9. The flaps are effective in
producing force increments through the entire angle of attack
range, and are most effective when deflected into the incident
flow. The normal force increments increased with angle of
attack for positive flap deflections at positive angles of attack
and negative flap deflections at negative angles of attack up
to angles of attack of about +30° and —30°, respectively.
Beyond these angles of attack the incremental normal force
coefficients decreased with increasing angle of attack. At
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Fig. 7 Pressure coeflicients and heating rates on flat plate
due to boundary-layer interaction with shock wave
generated by a small wedge-shaped fin.

high angles of attack and large flap deflection angles, the flap
is almost normal to the flow, and contributes little to the
normal force coefficients. From Fig. 9, for the 20° flap
deflection case, the peak normal force increment occurs at
a =~ 40°, while for the 40° flap deflection case, the peak
normal foree increment occurs at o =~ 25°. The flaps pro-
duce incremental normal force coefficients even when they
are deflected out of the flow; in part this is because of the
pressure reliel on the windward side of the model.

With the moment reference center at 609, of the virtual
root chord, the basic configuration was statically stable at
Mach 8 for the middle portions of the angle of attack range
for all flap deflections tested. Although trim points were
found for all flap deflection angles at Mach &, there are large
ranges of angle of attack where the stability of the configura-
tion, using these flaps, varies from marginal to neutral.
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Fig. 8 TForce and moment model of winged re-entry
configuration and sign convention for force and moment
coefficients.
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Fig. 9 Normal force and pitching-moment coeflicients
for delta-wing-body combination with symmetric flap
deflections for M, = 8 and Re,/ft = 2.3 million.

Strong pitch-up (indicated by a decrease in restoring
moment) is observed when the flaps are deflected into the
flow. The angle of attack at which pitch-up occurs is
strongly dependent on the flap deflection angles. This de-
pendence is caused by the extensive separated flow areas
induced by large flap deflection angles. Flow separation
tends to limit the pressure rise on the flap, but induces a
strong pressure rise on the wing forward of the flap hinge
line. The resulting forward movement of the center of pres-
sure sharply decrcases the pitching moments. This pitch-up
tendency is also noted at the negative flap defleetion angles,
but at higher angles of attack.

In the angle of attack range where the flaps are deflected
into the flow, and prior to the onset of pitch-up, these flaps
are effective generators of restoring moments for both the
overslung and underslung configurations. Because of the
marginal stability when the flaps are deflected out of the flow,
the trim points are not well defined.

The addition of tip fins to this configuration increased the
slope of the normal force coefficient curve and increased the
effectiveness of the flaps. The slope of the resulting pitch-
ing moment curve became more negative and the extent of the
marginal stability range was decreased. The presence of the
fing narrowed the latitude of trim angles associated with
flap deflection. These comparisons indicate strong beneficial
effects caused by wing-fin interference and end plating.

Comparisons were obtained between the partial-span
trailing-edge flaps and a full-span flap for a deflection angle
of +20°. A full-span spoiler, having the same height as the
420° flap, and a deflectable apex also were investigated.
The added control surface area of the full-span flap produced
positive normal force increments and stronger restoring
moments. The full-span spoiler was effective in producing
increments of normal force and restoring piteching moment
when it was exposed to the flow. The cffectiveness, approxi-
mately the same as the full-span flap, increased with increas-
ing angle of attack in the angle of attack range of 0° to 4-25°.
The deflectable apex, although it produced slight increments
in normal force and pitching moments, was not as effective
as the other controls investigated.

The lateral and directional characteristics of the aileron-
type flaps on the basic configuration are shown in Fig. 10.

The aileron controls are effective over the range tested whether
they are deflected separately or differentially. Near o = 0,
the individually deflected flaps produce lower rolling moments
and higher, adverse, yawing moments than the differ-
entially deflected flaps. As the angle of attack is increased,
and one of the differentially deflected flaps is shielded by the
wing, the differences in response of both types of roll control
diminish. The effectiveness inercased with inereasing con-
trol deflection and increasing angle of attack. The adverse
yawing moment also increased with increasing control de-
flection and angle of attack, with the exception of the range
around a = 0 where differential flap deflections tended to
minimize the adverse yawing moments. When both flaps
are exposed to the flow they produce opposite (cancelling)
yawing moments, except for the interference loads induced
on the body that are gencrally quite small. The addition of
the finsg had little effect on the yawing moments (for zero
sideslip angle) but did, in general, increase the rolling ef-
fectiveness; this was because of the beneficial effects of wing-
fin interference.

We have also included a group of pressure and heat-transler
distributions (measured on the lower surface at the flap mid
span) in order to provide a better understanding of the
effeets of control deflection and angle of attack on the acrody-
namic characteristics (Fig. 11). These representative dis-
tributions do not necessarily indicate the peak values that
were obtained. It is evident that control deflections produce
large increases in pressurc and heat transfer on the control
itself. Moderate deflection angles and angles of attack
(0 < o < 20°,0 < 8 < 20°) donot induce extensive separation.
Large flap deflections induce separation far forward of the
hinge line at all angles of attack, and at high angles of attack
all flap deflections tested induced strong separation cffects
forward of the hinge line. The separated flow regions arc
highly three dimensional. These observations from the
pressure distributions explain the loss in control effectiveness
in the higher angle of attack and control deflection ranges
hecause of the pressure decrease on the flap and the pressure
increage on the wing forward of moment center caused by
flow separation.

The heat-transfer data presented in Fig. 11 show extreme
heating rate values on the flaps at high total fiow deflection
angles (angle of attack -+ flap deflection angle). In some
cases the measured values exceeded those caleulated at the
blunt-nose stagnation point. This heating problem is a major
stumbling block to the design and f{abrication of effective
hypersonic aerodynamic controls.

Conclusions

For hypersonic flows, Reynolds number, Mach number,
pressure rise (flap deflection angle), model geometry, and wall
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Fig.10 Yawing and rolling moment coefficients for delta-
wing-body combination with asymmetric flap deflections
for M, = 8 and Re_/ft = 2.3 million.
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Fig. 11 Pressure coeflicients and aecrodynamie heating

rate distributions on lower surface of delta-wing-body

configuralion at flap semispan stalion for M, = 8 and
Re,/ft = 3.3 million.

temperature were found to affeet strongly the extent and
location of separation, which in turn strongly affects the
aerodynamic heating raies and pressure distributions.  Tiven
for high-aspect-ratio flat plates with full-span trailing-edge
flaps, the separated flow is essentially three dimensional in
nature and strongly affected by finite span effects.  End
plating the model prevented venting of th(f veverse flow in the
separation region and doubled the extent of separvation.  This
greatly changed the chordwise pressure and heating rate
distributions, increasing their values on the plate surface
while deereasing their values on the flap surface.

Streamwise pressure and heating rate gradients are ex-
tremely large just upstream of reattachment and lead to ex-
ceptionally high pressures and heating rates downstream of
reattachment on wrailing-edge flaps.  The pressures down-
stream  of reattachment are considerably larger than the
inviseid values calculated neglecting separation.  As ex-
peeted, these effects become more pronounced {or the higher
Mach humbu flows.

No breakawa\‘ flow separation was found in the complete

absence of adverse pressure gradients. The eventual exist-
ence of an adverse pressure gradient, although far downstream
of the separation point, is a necessary condition for separa-
tion.

The effect of interaction of a ﬁn generated shock wave with
the beundary layver on a flat plate is much greater for hyper-
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sonie flows than for supersonic flows. In supersonic flows,
the region ol separation on the plate surface is limited to the
vicinity of the shock wave.  In hypersonie flows, the separated
flow region on the plate extends from the fire root to far out-
board of the inviseid shock location. Particularly for the
thick hypersonic boundary layers, the pressure vise due to the
fin shock 1s propagated far outboard and causes substantial
overpressures over a large portion of the plate surface.

The basic types ol separation phenomena investigated for
ihe flat plate models were evident nressure, heat-
wransfer, and foree data obtained on pical ﬂ1g1 L con-
figurations.  Aerodynamie surfaces of reazonable propor-
tHons were effective ax control devices, but their characteristics
were highly nonlinear, partly because of extensive regions of
suparati(m when the control swrfaces were deflected into the
flow. In these regions there are strong spanwise as well ax
streamwise gradients in the pressure and heati ing rate dis-
tributions.  In many cases the peak pressures and heating
rates recorded on trailing-edge ﬂaps were more than twice
as large as blunt-nose stagnation-point values.  Large shiltsin
center of pressure locations, both spanwise and streamwise,
can result from comparatively small changes in the model
angle of attack or flap deflection.  The flor highly three
dimenxional and offer litéle hope for other than empirvieal
solutions in the near future,
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